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Estimation of Control Surface Dynamic Derivatives from
Flight Test Data
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A method is presented for estimating dynamic hinge moment coefficients of trailing-edge control surfaces from
measurements of system states. The hinge moment coefficient expansion as a polynomial in reduced frequency is
validated by wind-tunnel data for Mach numbers 0, 0.5, 1.0, and 1.2. Augmentation of system equations with the
hinge moment coefficient expansion leads to finite-difference equations applicable to a discrete set of measurement
data. Accurate estimates of hinge moment coefficients for a flapping wing-aileron model have been obtained by a
parameter space search algorithm that minimizes the squared error between the estimated and measured control
surface deflection. The estimating was performed by the digital portion of a hybrid computer operating on data
from an analog simulation of a subsonic aileron. A most promising result is that the addition of noise on the
measurements and errors in the system parameters did not notably degrade the estimation accuracy.
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b = semichord of wing
C = chord of wing, ft
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aileron chord, ft

dynamic hinge moment coefficient, per rad
static value of hinge moment coefficient, per rad
wing lift derivative, per rad

wing lift derivative due to aileron deflection
error function

= ajleron moment of inertia, Ib sec? ft

wing moment of inertia about root, Ib sec? ft
ith sample interval, incremental subscript
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unbalance of aileron, positive tail heavy, 1b sec?

dynamic pressure, 1b/ft?

radius of gyration of wing, ft (with respect to the wing root)
total wing area, ft2

aileron area, ft2

Laplace transform variable

sample interval

velocity of wing

dummy variable in Simpson integration

aileron deflection, radians, positive tail down
commanded aileron deflection

ratio of aileron damping due to servo to critical damping
= constants

= polynomial coefficient for digital reconstruction of C,,

= polynomial coefficients for analog model

wing generalized deflection positive wing tip down
angular frequency, rad/sec

n, = aileron servo resonance, rad/sec

wy = bending frequency, rad/sec
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Introduction

ONTROL surface dynamic hinge moment coefficients have
presented a challenging problem to the theoretical aero-
dynamicists, as well as to the experimental aerodynamicists,
for many years. Although the measurement of the static hinge
moment characteristics of a control surface is relatively straight-
forward, at higher frequencies it is usually performed by oscil-
lating control surfaces in sinusoidal motion throughout the
frequency region of interest. This is a relatively difficult operation
and requires the determination of in-phase and quadrature com-
ponents of hinge moment, which presents major instrumentation
and data reduction problems. The theoretical calculation of
control surface hinge moments is, in a sense, a more amenable
problem because one may start with a series of assumptions and
laboriously crank through the solutions. The answers, however,
do not, in general, agree well with the experimental data and
have frequently failed to predict such phenomena as control
surface buzz and single-degree-of-freedom flutter. In the past,
aircraft control surface designs have been rendered free from
flutter by mass balancing and providing sufficient actuator stiff-
ness. In the future, there will be requirements for implementing
the control of flutter by a feedback control system operating the
control surface actuator. These same actuators will also be
required to provide stability for control-configured vehicles and
to provide automatic load relief systems in order to save struc-
tural weight. For this purpose it will be essential to have more
accurate information on the dynamic characteristics of control
surface hinge moments because the designer must now provide
stability throughout the flight regime with the restraint that the
control system must have a sufficiently high gain to provide
control of flutter, loads, and rigid body stability. With these
high gains the control systems engineer must have better infor-
mation as to the high-frequency lags in his system in order that
he be able to design the appropriate compensation networks
and prescribe the servo parameters. The high-frequency phase
margin against instability might well be only 20°-30°, and this
in itself could be entirely used up by the uncertainty in dynamic
hinge moment coefficient data. Many of these practical control
system design problems were thoroughly reviewed in four papers
presented at the 1971 Joint Automatic Control Conference. These
papers dealt with B-52 and XB-70 flight test programs, as well
as some work in progress on the F4 fighter aircraft. See Refs. 1-4.
The purpose of this paper is to present a method for the
determination of the dynamic hinge moment coefficients from
measurement of system states responding to a control servo
command.

Basic Approach

The first step in the determination of the hinge moment
coefficients is to make use of the fact that the hinge moment
coefficient may be readily expanded as a polynomial in the
reduced frequency, wb/v. The next step is to arrange the dynamic
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equations of the wing and the control surface so that the
unknown coefficients of the polynomial appear as parameters in
the equations and the systems states in the equation are
measured values. The third step is to establish the error criterion
which compares the estimated value of control surface deflection
to the measured value. The estimated value in this case will be
that which is obtained by solution of the system equations with
trial values of the polynomial coefficients. The final step in this
process is to iterate on these coefficients until the square of the
error is minimized. The values of polynomial coefficients which
result in this minimum value can then be substituted into the
polynomial, and the hinge moment computed as a function of
frequency. It is important to note that throughout the analysis
it is assumed that the static value of hinge moment coefficient
is known from previous wind-tunnel test data.

Control Surface Hinge Moment Representation

Before proceeding with the details of this estimation technique,
it is necessary to investigate very briefly the mathematical form
which is suitable for representation of the control surface hinge
moments. Consider the hinge moment equation for a contrcl
surface.

Hinge moment = —¢C,,S,C;é (H
Equation (1a)shows that C,; may be approximated with a rather
simple polynomial in reduced frequency. A steady-state sinu-
soidal motion and a C,; that varies as a function of frequency
are assumed.
[(1+jr,wb/v) (14 jr,wb/v)]

1+ 15jwb/v

where the t’s are constant for any Mach number and angle of
attack for which it is desired to determine C,; experimentally.

This form for representing unsteady aerodynamics is, of course,
not new; it has been used for many years to characterize the lag
functions in unsteady aerodynamics which are necessary for
transient loads analysis. In arriving at the polynomial form of this
model valid at low frequencies, it is desired to achieve as simple
an expression as possible but still retain the characteristics
necessary to describe the real physical phenomena. This expan-
sion satisfies these requirements by reducing to a constant known
value at zero frequency and by providing the phase lag necessary
to describe single-degree-of-freedom flutter phenomena. In order
to justify this polynomial, the theoretical and experimental
characteristics of a trailing-edge aileron whose leading edge is
located at the 75% chord from the wing leading edge are
examined. Figure 1 shows this atleron hinge moment as computed
from Ref. 5.

The polynomial fits the data extremely well up to a reduced
frequency of 1.0. For the high frequencies (wb/v > 2) the apparent
mass of air surrounding the control surface dominates the

Chs = Chso (l1a)
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dynamic response, and the hinge moment characteristic increases
at 12 db per octave. This very high-frequency region is of little
general interest to the servo designer. Figure 2 shows a similar
hinge moment characteristic taken from Ref. 6.

For Mach numbers greater than 2, piston theory is applicable
in many cases. For piston theory the hinge moment takes on a
very simple dynamic form, as shown below

Cus = (UM)[1+(j/3)ewb/v] (1b)
In this case, it is necessary to consider the estimation of only
the single coefficient, 7,, in the polynomial form.

As an example of the experimental data available, Figs. 3 and 4
show a very limited number of experimental points taken from
Ref. 7. Although the curve fit in this case certainly is not good
throughout the frequency range, it is reasonable to assume that
the data should be well behaved over a finite frequency interval,
and that the erraticnature of the test points is due to experimental
error. Figures 1-4 show negative phase angles, indicating the
possibility of single-degree-of-freedom control surface flutter.

Application to an Airframe Model

Although the technique presented in this paper is applicable
to a general flexible airframe, the most expedient way to under-
stand the technique is to consider a specific example such as the
flapping wing aileron model shown in Fig, 5.

The equations of motion for this model are as follows :

O = —1pP,/1,—CusqS;Cs6/1,— ;25— 2w, 6+, (2
¢ = =45, Crs16/1y— Cu, S, qR,$/Iov— wpp—IP;8/1,  (22)
This model was chosen because it is complex enough to serve asa
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practical example, yet simple enough to prevent obscuring the
basic estimation details. This model contains the following basic
assumptions: a) C;and C,, are known static values; b) the real
part of lift on the wing due to wing plunging is neglected ; ¢) the
quadrature component (imaginary part) of the wing lift due to
aileron rotation is ignored; d) the aerodynamic moment on the
aileron due to wing plunging is assumed to be small compared
to the mass coupling between the wing and the aileron; and
¢} the aileron is driven by a servo of known characteristics.

It may be argued that C, and C, should be included in the
estimation procedure and, indeed, this is a possibility. In the
numerical example which follows it will be shown, however, that
errors in these known values, for this example, do not affect
the C, estimation. It is assumed that ground tests will provide
good values for inertia characteristics, servo characteristics, and
wing bending. In conjunction with this model, it is assumed that
the following measurements are available: a) aileron position,
b)aileron rotation acceleration, and ¢) wing flapping acceleration
(the wing itself is assumed to be rigid, but suspended by a clock
spring at the root).

Error Function Criteria

The estimation technique can be very basically stated as
follows: find the coefficients, ,, t,, and 15, so that the following
function F is minimized:

N
F=Y (3,-5) 3)
i=3

where J, is the estimated value of §; at the ith time interval, and
N is the number of time points sampled.

The purpose of this error function is to compare the control
surface deflection, which is measured at the ith time interval, to
that deflection which is estimated from the system equations with
trial values of the polynomial coefficients. If these coefficients

Fig. 5 Airframe model.
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are approximately correct, the time history of the estimated & and
the measured & will be approximately equal, and the error in
these two functions, when summed over all N time points, will be
small. If the error is large, the new values of the polynomial
coefficients must be found in order to reduce the error. This
process is repeated continuously until a set of polynomial
coefficients is located which reduces the error function to a
minimum.

Estimation Procedure

In order to implement this technique and produce a digital
program, the following steps are taken:

A) Using the polynomial form for C,, substitute the Laplace
transform variable, s, for jo.

B) Substitute the polynomial form of C,, in the aileron
moment equation {Eq. (2)].

C) Multiply both sides of the equation by the denominator of
C,» (1+[b/v]7ss). This leaves the equation in terms of the
measured states (5, 5. ¢), the derivative terms, 8, 4, and ¢, and
the command &, The next steps are taken to eliminate the
unmeasured terms, 8, 8, ¢, and 3.

D) The odd-numbered derivatives are eliminated by grouping
them on the left side of the equation. The measured, or even,
derivatives are then grouped on the right side of the equation.
Simpson’s rule is then applied to integrate the left side of the
equation in terms of the present value of the right side and the two
previous values. Simpson’s rule, as used here, is as follows:

Y, = Y, (T3 (Y, +4Y, +Y) (4)
This leaves the equation in terms of the measured states, &, &, and
¢, sampled at the ith time interval, as well as the sampled values
of these states and the command acceleration at the two previous
time intervals.

E) The final purely algebraic step is to solve for & at the ith
time interval in terms of & at the two previous intervals, and in
terms of &, ¢, and &, at the two previous intervals. We shall
call §; at the ith interval 5} (the estimated value).

F) The equations are now complete, and 5, and §, may be
substituted into the error function, Eq. (3).

G) The iteration procedure for determining the polynomial
coefficients is performed by assuming a value for each coefficient.
An arbitrary increment above and below the assumed value is
taken and the error function computed for all combinations of
the perturbed value of the coefficients. This process is repeated
by moving in the direction of each t which leads to the smallest
value of the error function.

Iteration Procedure

As with all parameter estimation techniques, the basic concepts
for minimization are straightforward and deceptively simple to
mechanize. In this particular case, a grid search on the polynomial
coefficients is initiated, the error for all combinations of 1., 7,,
and 1, estimated, and the minimum value chosen. This process
certainly does work and will yield reasonable results. However,
the machine time required to compute the error function to
construct this grid is prohibitive. Therefore, some method for
estimating the values of the unknown coefficients must be chosen
based on the information gained from the previous set of values.
This, in essence, is the subject of a whole body of mathematical
literature concerned with algorithms for solving minimization
problems. In order not to digress from the basic subject of this
paper, and because it is evident that this particular estimation
problem does have solutions, only the computing algorithm
which was successfully used for the example described in the
Appendix is presented. Very briefly, the detailed steps in the
Appendix may be described as a process in which an initial set
of the polynomial coeflicients, t,, 7,, and 13, is chosen and the
error function evaluated. Each t 1s incremented in a cubical grid
search pattern which, essentially, provides an estimate of the
gradient direction. This process is repeated in successive steps
with the step size reducing as the error function decreases. This
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Fig. 6 C, estimation, no noise case.

decreases until an arbitrary minimum criterion is reached. There
is always the problem of multiple minimum values; however, in
the cases tried on the analog computer, the unknown aero-
dynamic functions were well behaved, and no trouble was
encountered in finding the 7’s in the desired region.

Sample Problem

Referring to the system equations [ Egs. (2) and (2a)], numerical
data will be substituted and how the process evolves demon-
strated. In this particular case a hybrid computer system is
utilized. This system consists of an XDS 930 digital computer
and a Beckman 2200 analog computer. The analog computer is
used to simulate the dynamic system, and the digital computer
is used to sample the output of this system and form the
computing algorithm for the unknown polynomial coefficients.
The numerical data employed in this example are given in the
Appendix. The analog system in this example contains somewhat
more complex aerodynamics than assumed by the digital
processor. This complication (an additional lag-lead) is employed
because it is desirable to simulate a real case where the digital
processor is only approximating a more complex acrodynamic
system. Previous investigations on this type of system have shown
that accurate results are achieved if the digital processor assumes
a polynomial form which is an exact duplication of the form
used in the model. In the practical case, of course, the actual
aerodynamics of the model will not be known and, indeed, will
probably not possess an exact polynomial representation of any
degree. For this study the system is excited with an arbitrary
input which is assumed to be known. The results shown in
Fig. 6 are all from step inputs.

The technique was applied to the sample problem for the
following cases: a) estimation of polynomial coefficients for no
noise and all parameters known perfectly; b) estimation of
polynomial coefficients for measurement noise on ¢ and &; and
¢) estimation of polynomial coefficients for error in the para-
meters of the system equations. Figure 6 shows the results of the
first casc.

The approximate aerodynamic representation used in the
digital processor does a good job of approximating the more
complex function used on the analog. The error in amplitude
is less than 0.5 db, and the error in phase is less than 1°.

The purpose of the next series of runs is to investigate the
effect of noise on the measurement of the states. For these runs
an analog noise generator was used, which produced zero-mean
white noise. This noise was passed through a filter which rolled
off the high frequencies at 6 db per octave above wbjv = 12.5.
This is the type of filter which would normally be found in any
practical instrumentation system. The results of these noise runs
are summarized in Table 1.
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Table 1 Effect of noise

9 noise % noise Max amp. error, Max phase error,
on ¢ oné db deg
0 0 <0.5 <10
4 0 <0.5 <10
6 0 <0.5 <10
20 0 <0.5 1.7
0 2 0.8 3.0
0 4 1.8 74

Noise measurements do cause error in the estimation of poly-
nomial coefficients. Although this type of error is to be expected,
a carefully designed instrumentation system should not pick up
noise levels which significantly affect the output. The percent of
noise is calculated by setting the rms noise level to a specified
percent of 0.7 times the zero-to-peak maximum signal level of the
state.

The important point is that this system functions properly
even though noise measurements are present. Noise could not
be superimposed upon more than one state at a time because
only one noise generator was available for this study. It is
anticipated that noise on the other states would not seriously
affect the parameter estimation providing the noise signals are
not correlated.

As an additional test on this system, several parameters were
mismatched between the digital processor and the analog
computer. The results are summarized in Table 2.

Table 2, as expected, shows that errors in parameters which
are assumed to be known certainly affect the results to a greater
or lesser degree depending upon the critical nature of the mis-
matched parameters. As with all numerical examples, the results
with respect to the chosen numerical values must be considered.
In this particular example, the system is relatively insensitive to
noise on the wing bending measurements and to error in the
calculation of mass unbalance. The reason for this is that there
is a relatively small amount of mass unbalance in this case. Also,
surprisingly large uncertainties in servo damping can be tolerated
without large errors. This is probably due to the fact that the
servo was chosen to have an open-loop damping of only 10%,
Ifthe servo has a very large value of open-loop damping, it would
contribute to large errors in phase uncertainty of the hinge
moment coefficients, although this parameter was not investi-
gated in detail. Uncertainty in the static hinge moment coeffi-
cient causes significant variation in the hinge moment coefficient
estimation. This, too, is to be expected, but this problem should
be overcome by careful static hinge moment measurements
performed in the wind tunnel. As an additional test on the
system, plant noise was introduced as a random disturbance
producing a hinge moment. The results are similar to noisy
measurements on 8. Unknown disturbances do affect the estimate
of polynomial coefficients, and the experiment should be
performed in a manner to minimize these unknown disturbances
and, hence, arrive at the best possible estimate of the polynomials
for the hinge moment.

The important conclusion is that the method still converges

Table 2 Effect of parameter variation

Parameter Max amp. Max phase

variation error, db error, deg
All parameters known exactly <0.5 <10
10Y9; error in P, mass unbalance <0.5 <10
309, errorin P, <0.5 1.2
109; error in ¢, servo damping <0.5 <10
309% errorin { 0.8 3.1
109 error in C,,,, static hinge moment 1.3 37

209; error in C, 0 2.5 8.2
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and arrives at a reasonable polynomial approximation for the
aerodynamic functions. The computer run-time for achieving a
converged value of polynomial coefficients varies depending
upon whether there is a noise in the system but, in general,
the run-times were on the order of 20 min. This method in
general is not adaptable for on-line estimation because of the
iterative approach and rather long computer run-time. This,
however, is not a serious drawback since the method will find
its greatest use in wind tunnel data reduction and inflight data
reduction. For both of these cases, the data are normally stored
on magnetic tapes for later processing.

Conclusions

This paper has presented a method for estimating the dynamic
hinge moment characteristics of trailing-edge control surfaces.
Although the technique is applied to a relatively simple system,
the variation of parameters and introduction of noise have
created a practical situation which permits more faith to be
placed in the method. There will undoubtedly be other problems
associated with the processing of data from real flexible models
or flight aircraft, but the noise scheme presented here should be
applicable to these more complex situations.

Appendix

The parameters for the model in Fig. 5 are shown in Table 3.
Substituting the values in Table 3 into Eq. (2) (aileron equation)
and carrying out the algebraic manipulations outlined in the
Error Function Criteria paragraph, the following equations are
obtained.

Filter Equations

. R 10\ [1+17,(10/v)s]
§=—021¢ — —K(l1+t, —s)c 25—
" 400 < 1y S) [1+7,(10/5)s]
w,26—=2Lw; 3+8, (A1)
.10, . 0., Ku?
5+r378 = ~0.21¢—0.21r37¢— 000

Ko . TN
20 (T T 025K 8+ 5 bty =8 — o, 20

10 . . 10 .
137(1)”26—2&005—213 - {0 (A2)

Table 3 Parameter values for the model in Fig. 5

Parameter Value

AR 5
Aileron leading edge  75% of chord from wing leading edge
Velocity 400 fps
Wg 10 rad/sec
W, 5 rad/sec
P, . .
T 0.21 (tail heavy aileron)

L

S.C, 2
o b 1/sec?

I, 400
¢ 0.1

S, Crsl
ekl LA 35.8 1/sec?

I, _

C..S.qR,?

La S AT 6 1/sec

Iy

P,
-2 7.7 x 1077

1y
b Semichord = 10 ft
T Sample interval = 0.01 sec
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10.,

10...
775+02lr3' ¢+ (T,+1,)0—1,—0 +
v

c

0, Kv?
P02 420,8 = —0216 — -5
p P 0T 9= 0

10
025Kt,1,0—8+0,—w, 26— 213 g(ué (A3)

Integrate Eq. (A3) using Simpson’s rule:
Y o= (T3 +4Y,  + Y/ )
Kv .
E (ty+7,)0;, ,—

10 .. 10 ..
T3 76“ 2+0.211’3T¢l— i 2 +

10 ..

0
T3 véa+2+73 P bl‘2+2gw05l,2—

" Kv 10 ..
1375,.—#0.217:3 ) ¢ + 2 (t,+71,)0,— 75‘,1.-1—

10 - . ”
T, 7(0(52 0;+2{w; 6, —021(TI3) (¢, + 49, + ¢, ,)—

Ku? . 025KT C e .
’I'QFOT((S +46,.  +6;,,)— T2(5i+45i: 100
(T/3)(6,+45, \+8,, )+ (T3S, +45, +8, )~

10
(')452(T/3)(5i+46i 0, )21 ‘L“C(’)a’( T/3)x

(6,445, +6,,,) (Ad
Solve for: 4, , ,
o Kv*T . 10 Kv]
0;, (12& + o, T/3+2gw().+7:37w62+(r1+12)% =
20 w501~ w5 (T/3)(6;+48;, 1)~

- . . Ko?T
02UT/) B, 1+ 5) = —55(6+40,, )=

(T/3)(8;+48;, \+8;, )+ (T/3) (S, +45,,  +5,. )+

10 .. . e - -
737[5:’_5:‘ 2021 — @ )]+ [0y ,— O+ ©,20,—

i e 10 K
2g<v)‘5(T/3)(5,-+45,-, 1002, 1: + (1, +1,) 20 5. —

KT . . -
0.2577, 3 (6 +46;,  +5;, ) (A5)
Minimize 7, 7,, 75:
N S
F=13%(,-6)

i=3
Minimization Procedure
1) Specify initial values for

0.0 _0
T, T, T30, ATy, ATy, Aty
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2) Evaluate error

(T 15 T30 =

”Mz

at the following points:
Error (i, j, k) = Error (t,"+iAt,". 1,"+jA1,", 13"+ kAt;")
i=—101; j=-101; k=-10,1
3)If Error (i, j, k) < Error (0, 0, 0). Then
" = AT T = AT 1T = ot kATT
Return to Step 2.
4) If error (i, j, k) = Error (0,0,0), then
Ar," = Ar Ar,"tt = AT,"? Arytl= At
5 If Ari"“ > 0.0001, return to Step 2. If A¢"*! <0.0001,
STOP.

Analog System

The analog system represents the aircraft with the unknown
values of C,, The analog has the same system equations as
Egs. (2) and (2a). The numerical values of the parameters are the
same as those listed in Numerical Example, except for those
cases when the parameters are purposely mismatched. The
representation for C,; is as follows:

., wb ., wb) . ,wb
Tjo — || 1 +jr, ,,,) I+jz,
v v v
w = Crao wh , b
(o201 )
v v

The values for v’ for the numerical examples are
t,) =25 1,,=60; 1y=100; 1,/=20; 1/=40
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